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. ANALYSIS OF LIMITATIONS lMpOSED ON ONE-SPOOL TURBoJEZ"ENGINE DESIGNS BY 

COMXRZSSORS AND TURBINES AT FLIGHT MAC33 NUMBERS OF 0, 2 .O, AND 2. 

By Richard H. Cavicchi  and  Robert E. English 

A design-point analysis of one-spool turbojet  engines w a s  made t o  
determine the  re la t ions among engine, compressor, and turbine  design 
parameters i n  order to   ascer ta in   the primary  limTtations on turbojet- 
engine  design. I n  particular,  %he analysis i s  used to   revea l   the  
manner i n  which the  design problem is  affected by var ia t ions   in   f l igh t  I 

Mach  number. Sea-level  operation and f l i gh t  a t  Mach  numbers of 2.0 
anti 2.8 in  the  stratosphere  are considered. 

The resu l t s  of this analysis show tha t  compressor aerodynamics is 
a primary  constraint only f o r  design-point  operation under s t a t i c  sea- 
level  conditions.  For all three flight conditions  considered,  turbine 
aerodynamics i s  c r i t i c a l   f o r  one-stage  tWbine8j whereas, it is c r i t i c a l  
f o r  two-stage turbine6 only at the  2.8 f l i g h t  Mach number in the  s t ra to-  
sphere.  For f l i g h t  at 2.0 Mach nuniber in  the  stratosphere,  turbine  blade 
centrifugal stress for   both one- and two-stage turbines becomes a limit- 
ing factor,  and it is a primary  constraint  for Mach 2 -8 engine designs. 
A t  the 2.8 f l i g h t  Mach number, the  compressor tha t  can be driven by a 
two-stage turbine c&z1 be so conservative as t o  possess  high  potential 
for  equivalent overspeed cqac i ty .  Such a characterist ic should  prove 
useful in providing good low flight Mach Ilumber operation of constant- 
geometry engines.  Raising  turbine  rotor-inlet  relative Mach nmiber 
from  0.8 t o  1.0 in one-stage  turbines  designed  for 2.8 flight Mach 
number ylelds  increases up t o  8 percent i n  weight-flow capacity,  pro- 
vided the  turbine  efficiency does not  deteriorate. 

INTROIXTCTION 

In  the  process of  turbojet-engine  design, t he  interdependence o f  
the  engine components  makes d i f f i cu l t   t he  problem of selecting,  for a 
se t  of design  factors, values tha t   e f fec t ive ly   u t i l i ze  all the com- 
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good compressor design is not tempered by a simultaneous consideration 
of the  effect  of rotational speed on turbine  design, a large  or  multi- 
s tage  turbine  cr i t ical   in  aerodynamic design may be  required. Such a 
possibi l i ty  can be avoided by selecting a ser ies  of values for design 
factors and, fo r  each se t  of  values,  investigating  the design of each 
component. From a compilation of such design  information, a satis- 
factory  design  condition can then  be  selected. 

An analysis  relating  these  factors has  been  developed a t  t h e  NACA 
Lewis laboratory.  This  design-point  analysis of one-spool turbojet 
engines relates  the  following  factors: 

(1) Engine design  parameters: 

Flight Mach  number and a l t i tude  
Engine temperature r a t io  
Compressor pressure  ratio 

(2)  Compressor desfgn  parameters: 

Compressor-inlet re la t ive Mach mmber (assuming no i n l e t  guide 

Compressor equivalent  blade t i p  speed 
Centrifugal stress in first row of campressor rotor  blades 

vanes) 

(3) Turbine  design  parameters: 

Aerodynamic design limits 
Centrif'ugal stress in  turbine  rotor  blades 
Turbine  hub-tip  radius r a t io  
Equivalent  weight  flow  per unit   turbine  frontal   area 

Th i s  report  has aa i t s  goals (1) t o  present  the method of analysis, 
(2)  to  present  design  charts  for  several  applicati.o.ne, and (3) t o  in- 
vestigate  the primary limitations on turbojet-engine  design and, i n  
particular, t o  show the manner i n  which the  design problem is  affected 
by the  increase  in  compressor-inlet  temperature  resulting from an 
increase i n   f l i g h t  Mach number. 

u3 
IC 
M 
N 
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The analysis developed herein is  presented i n  the form of design- 
point chmts, two s e t s   f o r  compressors and one set  for  turbines. Be- 
cause ful l -scale  compressors have been successfully  operated w i t h  rotor- 
i n l e t   r e l a t ive  Mach numbers as high as 1.2, this value i s  accepted  hcrein 
as a limit. Compressor-inlet relative Mach numbers up t o  1.4 are con- 
sidered, however, because reference 1 reports   that  high efficiency ha6 
been  obtained  experimentally at this Mach  number in a one-stage coqree-  . 
sor  without i n l e t  guide  vanes.  Engine temperature ra t ios  from 2 .0  t o  
4.0 and flight  conditions  ranging from a f l i gh t  Mach number of 0 at sea 
l eve l   t o  2.8 i n  the stratosphere are considered. Both one-stage and two- - 
stage  turbines  are  investigated. The term "conservative" i s  applied  to 
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- turbines  limited  by 0.6 re la t ive  Mach  number at the rotor  in le t ;   the  
term "high-outpuk" i s  applied t o  turbines  limited  by 0.8 and by 1.0 
relat ive Mach nmibers a t  the ro tor  i n l e t .  

Because preselected aerodynamic l imits  were used in prepmation of 
the  turbine  charts,  the  results  obtained  herein  represent extremes, o r  
outer bounds, f o r  t h i s  range of turbojet-engine  designs. The compli- 
cation  introduced by the requirements af off-&sign  operation i s  not 
considered. 8 

4 
UI 

ANALYSIS AND CONSWCiIIION OF CHAKCS 

r;' 
6 

The present  analysis i s  formulated around  a certain parameter 
WUg/+6i&i, herein dubbed parameter  e, which is  of  g rea t   u t i l i t y  i n  
relat ing compressors and turbines. The symbols used a r e   l i s t e d   i n  
appendix A. Parameters e for  compressors and turbines  &e as follows: 

Figure 1 shows the  location of  the numerical stations i n  the  engine. 

Because compressor arid turbine w e i g h t  flows bear  the  relation 

parameters e f o r  compressors  and turbines are   re la ted by 

. For a specified  fuel-&  ratio f3  and compressor bleed b, parameters 
e f o r  compressors and turbines  are  related by a  constant  factor. If 
the  fuel-air   ra t io  and bleed are small, l i t t l e   e r r o r  i s  made i n  assum- 
ing that parameters  e f o r  cornpressors  and turbines are equal. 

w 

Inasmuch as   the  resul ts  of  references 2 and 3 are extended and 
supplemented t o  form the  present  analysis,  the same assumptions  used i n  

. .  
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those  references are again  applied. - These assumptions are reviewed 
i n  appendix B along  with a l is t  of constants, 

Compressor Charts 

Parameter e, from the  standpoint of t he  compressor, i s  simply 
the  product of compressor equivalent weight flow per  unit  compressor 
f ronta l  area, hereafter  called  equivalent  specific air flow and denoted 
by  w c ~ ~ A & ,  and the  square of compressor equivalent blade t i p  

speed (Ut,c/fl i)2.   In  the  entire compressor analysis  presented  herein, 
it is assumed tha t   t he  compressors have  no in l e t  guide vanes. With t h i s  
assumption, the  equation developed for parameter e i n  amendix C is 

I* 

e =  

In .. 

ii 
. . .. 

and is plot ted  in   f igure 2 by assuming a range of values of (V/a>,. In  
this  chart ,  parameter e ( W ~ U ~ , ~ / A ~ ~ ~ ~ )  is plotted  against camp-essor 

equivalent  blsde t i p  speed U /e f o r  three- values "of compressor 

rotor-inlet  relative Mach  number M1 and two values of compressor hub- 
t i p  radius  ratio (rh/rt)C. 

- 
" - 

t, c " - 

The dot ted  l ine  in  figure 2 joins the maximum points of t he  curves - 
of constant compressor rotor- inlet  re la t ive  Mach  number.  Maximum 
parameter e f o r  a given Mach number corresponds t o  minfrmrm  Mach 
number fo r  8 given  parameter e .  The dotted  line,  therefore, i s  the - 6 

locus of minimum values of compressor rotor- inlet  relative Mach  number 
for given  values of parameter e. For various limits on compressor 
rotor-inlet  relative Mach  number MI, along this   dot ted line corn- - 
pressors may be  designed  with m a x i m  values of e. C.onq?ressor rotor- 
i n l e t  relative Mach  number could  be  reduced by turning  .the  entering 
f l o w  i n  the  direction of rotor  rotation by means of  i n l e t  guide vanes 
and thereby  producing smaller values o r  inlet relative tangential 
velocity. 

.~ 
" . . 

. .  

* 

. 
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An additional  abscissa  scale is presented in figure 2 showing the 
level  of  compressor centrifugal  blade  stress.  The parameter 
can be  thought of as an equivalent  blade  centrifugal stress. This 
parameter was calculated from the  relation 

which is derived from equation (8) of reference 4. 

In  order t o  obtain  accurate  values of the  var ious compressor  pa- 
rameters a t   t h e  peaks of the Mach  number curves in figure 2, the ex- 
pression for parameter  e has been differentiated  with  respect t o  
compressor-inlet Mach number (V/a)  1 and s e t  equal t o  zero i n  appendix D. 

The term "maximized parameter e'' re fe rs  to values of parameter  e  read 
from the  dotted  line of figure 2. The following  equation w a s  derived 
l o r  compressor-inlet Mach  zlumber for msxhized parameter  e: 

I.iaximized parameter e can be  calculated by substi tution of equa- 
tion (D5) into  equation (Cll) . 

The corresponding  equivalent  specific air  flaw for,ma;ximized 
parameter e is  

where (V/a)  7 i s  specified by equation (D5). Likewine, the campressor 

(V/a), again  being  determined by equation (D5). 

e is  
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Figure 3 consists.entirely of plots o f  compressor parameters for  
maximized parameter e. In  figures  3(a) and (b), maximized parameter 

and equivalent  specific  air flow w c q /  1 c 1  A 6 1  e (WcU2,c /A c 1 1 max 
are plotted  against compressor rotor-inlet   relative Mach  number M1 
f o r  two values of compressor hub-tip  radius r a t i o  (rh/rt) I n  fig- 

ure  3(c), compressor equivalent  blade t i p  speed UteC/@i and 
C’ 

compressor-inlet Mach  number ( V / a I l  , are plotted against M1. A s  In 
figure 2, the compressor-inlet  velocity was assumed axial; that is, 
the compressors were  assumed t o  have no inlet guide vanes. 

Turbine C h a r t s  

By continuity and stress considerations In the  turbine,  the follow- 
ing equation f o r  parameter  e is derived i n  appendix E: 

I 

k 

r 

Equation (E91 shows that, f p r  a given  turbine  blade  centrifugal stress 
uT, parameter  e i s  a function o f  €3iJ compressor pressure  ratio 
pb/pi,  engine  temperature r a t io  T g T i ,  and turbine-exit  specific- 

weight-flow  parameter (pVx/pl a’ ) , i f  compressor and turbine  adiabatic 
cr 7,m 

8 

A =  

m 
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efficiencies  are assmed constant. But for  the  variable e;, which is  
a function of f l i g h t  Mach nuiber and altitude, the  entire analysis pre- 
sented  herein  could  be.presented independent of flight  conditions. The 
analysis, however, can be generalized t o  apply t o  a l l  flight conditions 
if equivalent  turbine  blade  centrifugal stress uT/Bi be considered. as 
an  independent var iable  i n  equation ($9). The relat ion between  parameter 
e and turbine blade centrifugal stress i s  thus independent of the ture 
bine  design  (e.g., number of stages o r  aerodynamic limits), except for.  
the  turbine-exit  specific-weight-flaw parameter  (pVx/p1a&)7,m. A value 
of 0.448 was assumed f o r  this parameter fo r  a l l  the conservative  turbines 
considered, that is, for turbines designed with  an  exit  axial-velocity 
r a t i o  (Vx/a&)7 of 0.5. This  value of 0.448 was determined from the 
relat ion 

1 - 
(*) =[. - E ( L ) 2 J k - l  k+l a& '7 (5J7 (5) 
. P ' a c r  7,m 

neglecting exit t a n g e n t l a   v e l o c i t y   r a t i o   ( V J ~ ; ~ ) ~ , ~ .  All such con- 

servative  turbines  considered  in  the  present analysis are two-stage de- 
signs. For all the one-stage  turbines and the high-output  two-stage 
turbines  considered  herein, a value of 0.562 was  assumed for   the  param- 
e te r  ( p V d p  ,m. This value w a s  obtained from equation (5) by again 
neglecting  (Vda&)7,m and using a value of 0.7 f o r  (Vx/a&)?. 

The turbine  charts (fig. 4) consist of design  performance maps of 
one- and two-stage turbines. These charts are constructed  for three 
selected  flight  conditions: sea-level s t a t i c ,  and 2.0 and 2.8 flight 
Mach nunibers in  the  stratosphere. In a l l  the turbine  chmts  presented, 
equation ( ~ 9 )  was used t o   p l o t  parameter e, wTug,T/+6i f i - ,  against 
compressor pressure  ratio @/pi wtth lines  of constant  turbine blade 
centrifugal stress uT for  selected values of flight Mach number Q 

and engine  temperature r a t i o  T d T f .  The discontinuities in the turbine 
blade centrifugal-stress  curves  in f fgures  4(a), (a),  and (e)  occm be- 
cause the one-stage turbines are high-output desfgns, whereas the two- 
stage  turbines are conservative  designs. The blade centrifugal-stress 
curves of the  conservative  two-stage  turbines are lowered relative t o  
those of the one-stage  turbines  by the r a t i o  of 0.448/0.562 (eq. (E9) ) . 
The charts of figure 4 can be made t o  apply to any par t icu lar   f l igh t  
condition if the  values of stress as shown on the  chart  are multiplied 
by the r a t i o  of 8i for  the  chart  flight condition (0, 2.0, or 2.8 
f l i gh t  Mach number) t o  8 i  for   the  par t icular  flight condition. 

The turbine  charts were completed by  the  addition of l ines  of 
constant  turbine-limited  specific weight flow, which i s  the  terminology 
t o  be used herein f o r  WT fld+€ii, and turbine hub-tip radius ratio 
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(rh/rt)T. These l ines  were obtained from the data presented i n   r e f -  

erences 2 and 3. In these charts,  regions to   t he  le f t  apply t o  pne- 
stage  turbines, and those t o  the right, t o  two-stage turbines. 

A st raight  annulus was used in the  calculations  for a l l  one-stqe 
turbine  designs  presented  herein. For the two-stage  turbines, an isen- 
t ropic  annular area  ra t io  of 1.0 was assumed f o r  each rotor  blade row i n  
order t o  simplify  the  calculations. As a consequence of this arbitrary 
aS6UmptiOn for  isentropic  annular  area  ratio,  divergences  in  actual 
annular area occur  across  each  rotor blade row.  These avergences  are 
as  follows : 

and 

Table I summarizes the engine  parameters  and  turbine aerodynamic 
parameters  selected f o r  presentation i n  the  turbine  charts. Except fo r  
the  turbine  blade  centrifltgal-stress  lines,  charts having the same en- 
gine  temperature r a t io  and turbine aerodynamic parameters are  identical .  
The values of engine  temperature r a t i o  were selected  to  give  turbine- 
in le t  temperatures a t   t h e   f l i g h t  Mach  nunibem considered, of approxi- 
mately 2000°, 2500 , and 3000’ R. The turbine  charts can be  applied t o  
any Mach  number desired  with  appropriate  revision of the  turbine  blade 
centrifugal-stress  curves  (see eq. (E9)). 

b 

Before making a detailed examination af particular  points on the 
turbine  charts, it is desirable t o  consider some general  characteristics 
of the curves  presented. A consideration of  desirable engine features 
w i l l  eliminate  certain  regions of the  turbine  charts. 

Turbine-Stress Curves 

The peaks of  the   s t ress  curves on.the  turbine charts represent 
(1) maximum equivalent weight  flow per  unit  turbine  annular  area, (2). 
m a x i m u m  equivalent weight flow per  unit  afterburner  frontal  area f o r  a 
given  afterburner-inlet Mach  number, and (3) minim  turbine  blade 
centrifugal  stress  for a given  compressor-inlet re la t ive Mach  number 

In 
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and compressor equivalent  blade t i p  speed. These t h e  items, which 
hold t rue  for any given f l i gh t  Mach nmiber, altitude, and engine tem- 
perature  ratio,  are  explained as follows. 

(1) M a x i m u m  equivalent weight flow per  unit  turbine  annular  area. - 
Equation (E3) shows that, f o r  any given  turbine  blade  centrifugal stress, 
under the  condition8 enumerated previously  a maximu parameter e corre- 

sponds t o  a maximum value of p + / q .  DivisrLon of equation (E2) by 

the  factor  [l - ( r d r t ) g  yielk equivalent w e i g h t  flow per  unit  

turbine  annular  area w T f l / + 6 i  and shows that this p a r . e t e r  i s  

directly  proportional t o  p . + / e .  

(2) Maxim  equivalent weight flow per  unit   afterburner  frontal  
- area. - T h a t  peaks on the  turbine-stress  curves correspond t o  t h i s  item, 
f o r  the engine  conditions  that are assumed constant, i s  revealed by con- 
sidering  the  continuity equa;tion at the  afterburner m e t .  The weight 
flow a t   the   a f te rburner   in le t  is  

which, when expanded,  becomes 

In equation (6), T& equals T+, and the ratio p d p j  can be assumed 
constant. For a given af terburner- idet  Mach number (v/a>8,  therefore, 
equivalent weight flow per  unit   afterburner  frontal   area i s  proportional 

t o  p ; / q ,  which, in   turn,  i s  proportional to parameter  e i n  accord- 

ance  with  equation (E3). 

(3) M i n i m  turbine  stress f o r  given  compressor-inlet re la t fve  Mach 
number and equivalent blade t i p  speed. - A given  compressor-inlet rela- 
t i ve  Mach  number and equivalent  blade t i p  speed specify a  value of 
parameter  e (fig. 2) .  Item (3) then becomes apparent by observing i n  
figure 4 t h a t  the minimum turbine  blade  centrif'ugal  stress  for 8, par- 
t i cu la r  value of parameter e must be that s t ress   l ine  which peaks at 
the  particular parameter e. 
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Compressor  Pressure  Ratio  for Minimum Specific  Fuel 

Consumption  for  Afterburning  Engines 

In  all  the  turbine  charts,  each  of  which is constructed  for a 
constant  value of turbine-inlet  temperature,  the  point  of  minimum 
specific  fuel  consumption  for  afterburning  engines  with a given 
afterburner-exit  temperature  lies  slightly t o  the  left of the  stress- 
curve  peaks.  Specific  fuel  consumption,  assuming  complete ewansion 
in  the  exhaust  nozzle,  is 

where 

I r k-i 

and 
. 

and T& is the  afterburner-exit  temperature.  The  first  two  pressure 
ratios on the  right  side of equation (9) are  functions of the  flight 
Mach  number  and  inlet  performance.  The  ratio  p+/ph is assumed  con- 
stant as compressor  pressure  ratio  is  varied.  For a given  afterburner- 
exit  temperature, 8 maximum  value  for  the  ratio  p+/pi  corresponds  to 
a mexirmun value of Vl0 by equation (8), and in  turn to a minimum  value 
of  sfc by equation (7). The  value of compressor  pressure  ratio 

plotting p;/pi against @pi and  noting  the  value of p;/pi st 
Pi/Pi corresponding to a wirmun value of. p;/pi was  determined by 

which p;/pi peaks.  The  ratio p;/pi can  be  expressed 
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i n  which p;/p; is  given by equation (Ea) and pgp; i s  assumed  con- 

stant.  Table I1 lists fo r  a given  afterburner-exit  temperature  the 
compressor pressure r a t i o s  corresponding t o  minimum specific fuel con- 
sumption f o r  each  engine  temperature ratio  presented  in  the  turbine 
charts  (fig. 4 ) .  These compressor pressure  ratios are designated 
by arrows on the  turbine  charts. 

Considerations of Engine Component Sfzes 

The  component of an engine that  1imits.engine  frontal  area should 
receive  special  attention towards  reducing i ts  f ronta l  area, especially 
f o r  engines mounted i n  a nacelle. In the  design of  those components not 
l imiting  engine  frontal   mea,  the  frontal  areas are less  important; t h i s  
fact  permits emphasis of other  desirable  characterist ics  in  these  par- 
t i cu l a r  components. For example, i n   t h e  event  that compressor s i z e  is 
not  limiting, it might be  desirable  to  increase compressor f ronta l  area 
i n  the  interest of  enhancing the off-design  operation. The special  
attention devoted t o  the   f ronta l  mea of the  l imiting component might 
affect  the  choice of values  for  other  engine  design  variables. 

Reductions of component f ronta l  areas are brought  about by in- 
cremes i n  component specific w e i g h t  f lows.  The engine component equiv- 
alent weight flows per  unit component f ronta l  are& have the  following 
trends  with  increasing compressor pressure  ratio: (I) t ha t  of the  
primary combustor increases  (for a e v e n  equivalent  specific air f l o w  ana 
couibustor-inlet Mach number); (2) that of the  turbine  decreases  (as shown 
i n  Pig. 4); and (3) that of the  afterburner  increases t o  a maximum at 
the  peak of a stress curve in  figure 4 and then  decreases a8 compressor 
pressure  ratio  increases  further.  Pigure 4,  therefore,  since it also 
presents compressor pressure  ratio a s  one of  i t s  ppameters,  indicates 
the  general   arect ion  that  a change i n  engine  design  variables  should 
take   to   e f fec t  a reduction fn the  f rontal   area of a component limiting 
nacelle  frontal  area. 

Furthermore, on the  turbine  charts a l i ne  of constant  hub-tip 
radius   ra t io  corresponds t o  a constant  ratio of afterburner-to-turbine 
f ronta l  area for  a given  afterburner-inlet Mach number. This fac t  can 
be shown as follows: 

which  can be  written 
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On a given turbine  chart, (pVJpIa&) 

0.562, depending upon whether the  turbine 
7 ,m 

has a value of e i ther  0.448 o r  

designs are conservative o r  
i s  a function of afterburner- LD high-outst  . g e  parameter ( pVx/pt a&)B,m 

i n l e t  Mach  number by 
PC 
hl rn 

For an  afterburner-inlet Mach number of 0.25 (500 ft/sec  afterburner- 
inlet   velocity at 1766' R stagnation temp. ), a value of 0.98 f o r  pgp;, 

and wherever on the  turbine  charts (pVx/pt a&)7,m has a value of 0.562, 

a turbine  hub-tip  radius  ratio value of 0.74 corresponds to equal t u -  
bine and afterburner frontal areas. On the  turbine  chasts  to  the  right 
of  such a hub-tip  radius-ratio  line  (values exceeding 0.74), turbine 
f ronta l  area i s  greater  than  afterburner  frontal area. 

. 

The turbine  charts  for  f l ight Mach numbers of 2.0 and 2.8 i n  the 
stratosphere  (figs. 4(b) t o   ( i ) )  show that one-stage  turbines have lar 
weight-flow capacity at a 30,000-pound-per-sqe-inch turbine stress. 
Whereas these turbine-limited  specific weight Plow8 are of the order of 
20 lb/(sec)(sq f t ) ,  the equivalent specif ic   a i r  flows of the compressor, 
at the same parameter e, can be considerably  higher. Such a difference 
in re lat ive  s izes  of compressor and turbine in  itself i s  of no primary 
concern. If the turbine  size  Umits  nacelle  frontal =ea, it would prob- 
ably be advisable t o  select  a design  point on the  turbine chart at re- 
duced compressor pressure  ratio and possibly  increased  turbine  atress t o  
exploit more f u l l y  the poten t ia l i t i es  of the compressor. The decrease 
i n  nacelle  frontal   area will result in lower nacelle drag, which might 
well  offset  the  increase i n  specif ic   fuel  consumption occasioned by 
further  deviating from the ccmgressor pressure  ratio  for m i r d m u m  specific 
f u e l  consumption. 

Cr i t ica l  Comment 

It can be concluded from the  preceding  discussion  thet the region 
. 

of  primary interest  on the  turbine ch&rts is generally  confined to   t ha t  
t o   t h e   l e f t  of the peaks of  the  turbine blade centrifugal-stress curves. 
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In the  following  discussion,  the  primary  parameters  considered 
in  ascertaining engine  design  limitations are compressor-inlet relative 
Mach number, turbine Mach nunibers, and turbine  blade  centrif'ugal  stress. 
Parameter e, it will be  seen, is of g r e a t   u t i l i t y   i n  determining  these 
limitations. Parameter e has the  following  significance: U s e  of a 
high  value of parameter  e f o r  a specified compressor pressure  ratio 
and engine  temperature ra t io   resul ts   in   a  high  value of  turbine-limited 
specific weight  flow for  turbines of given aerodynamic W t S j  this 
high  turbine weight-flow capacity is  obtained, however, at the expense 
of increased  compressor-inlet  relative Mach  nuniber and increased tur- 
bine  blade  centrifugal  stress. O r ,  al ternatively,   for a given  turbine- 
l imited  specific weight flow, use of a high  value of parameter  e 
permits  relaxing.  the  turbine aerodynamic limits, a procedure that may 
be accompanied by improvement in  turbine  efficiency. Throughout t h i s  
discussion, it w i l l  be assumed f o r  simplicity  that  parameter  e is the 
same for  compressor and turbine. 

For a compressor of the  class  used  in  the 535 and 547 turbojet  
engines, the value of parameter e is  about 23 million lb/sec3.  Fig- 
ure  3(a) shows that this value of parameter  e is obtainable  with  a 
compressor-inlet re la t ive Mach  number as low as  0.93. Current  laboratory 
compressor design  techniques  permit  designing fo r  compressor-inlet rela- 
t i ve  Mach numbers of 1.2  with  confidence.  Figure 2(a) shows that the  
m a x i m u m  value of parameter e at this 1.2 compressor-inlet re la t ive  
Mach  nuniber i s  44 million  lb/sec3. It is revealed by any of the  turbine 
charts t ha t  such  an increase  in parameter e (from 23 t o  44 million 
Ib/sec3) i s  accompanied by an increase  in turbine-1Fmited specif ic  weight 
flow f o r  a given compressor pressure ra t io .  

Sea-Level S t a t i c  Designs 

Turbine-inlet tpsrperature of 2075O R. - In  the  region t o  the left 
in   f igure  &(a) are  considered  high-output  one-stage  turbines  designed 
f o r  static  sea-level  operation, o r  f o r  f l i g h t   a t  1.28 Mach  number in   t he  
stratosphere, a t  an engine  temperature-ratio of 4.0. Characteristics of 
conservative  two-stage  turbines  designed f o r  the  same flight  conditions 
are  presented  in  the  area t o  the   r igh t  on this chart.  Point 1 repre- 
sents  the 535-547 class  of turbine. 

If the   s t ress   l eve l  of a noncooled one-stage  turbine can be  raised 
t o  the  current limit of 30,000 pounds per  square  inch and parameter e 
t o  a  value of  44 million  lb/sec3  (obtainable  with  a  compressor-inlet 
re la t ive  Mach  nuniber of 1.2, compressor equivalent  blade t i p  speed of 
1153 f t /sec and compressor-inlet  hub-tip radius r a t i o  of 0.4), a turbine- 
limited  specific weight flow of about 25 lb/( sec) (sq ft) can be  achieved 
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(point 2 ) .  Figure 2(a) shows t h a t  the compressor blade centrifugal 
s t ress  i s  42,000 pounds per  square  inch at the  equivalent  blade t i p  
speed of 1153 feet per second. F-or a given  value of parameter e, it 
is  revealed on any of the  turbine  charts that higher  values of com- 
pressor  pressure  ratio and  lower values of turbine blade centrifugal 
stress (for  designs  to  the le f t  of  the  stress-curve  peaks)  are  obtain- 
able i f  the  turbine-limited  specific weight flow i s  decreased and the 
turbine  hub-tip  radius  ratio i s  increased. If, by turbine-cooling, 
the l i m i t  on turbine  blade  centrifugal stress could  be  raised t o  50,000 
pounds per  square  inch,  turbine aerodynamics would permit  designing  for 
a compressor pressure  ratio of 7.25 and a turbine-limited  specific 
weight f low of 32 lb/(sec)(sq f t )  (point 3, f ig .  4(a) ) .  A t  this   point  
on the  turbine  chart, however, parameter e reaches 77 million  lb/sec3, 
a value which figure 2 indicates i s  currently beyond the range of' 
eff ic ient  compressor design.  Therefore, f o r  one-stage turbines  designed 
for  the  static  sea-level  condition,  the  principal  constraints  are com- 
pressor and turbine aerodynamics. This  conclusion stems from the 
observation  that  compressor-inlet  relative Mach number  becomes limiting 
at  turbine  blade  centrifugal-stress  levels of 30,000 pounds per  square 
inch a t  a campressor pressure  ratio of  6.25 in figure 4(a) (point 2 ) .  

The area  to   the right in   f i gu re  4(a) discloses that, without 
exceeding ei ther   the 44 million  lb/sec3 limit on parameter e or the - 
30,000-psi l i m i t  on turbine  blade  centrifugal stress, a conservative 
two-stage turbine can produce a turbine-limited  specific, weight flow 
of 33 lb/( sec) (sq f t )  a t  a compressor pressure  ratio o f  7.25 (point 4) - 
A t  a compressor pressure  ratio of 12.0, a conservative two-stage turbine 
has a turbine-limited  specific-weight-flow  capacity of about 32 
lb/( sec) (sq f t )  at the  44 million Ib/sec3 l i m i t  on parameter e (point 
5) ,  i f  the  turbine  blade  centrifugal  stress is raised t o  33,000 pounds 
per square inch- Since  the two-stage turbines  considered in figure 4 (  a) 
we conservative wLth respect  to  turbine aerodyaamics, t h i s   p a r t i c i i a r  
chart discloses  that,  for  sea-level  static  designs employing two-etage 
turbines,  coqreasor aerodynamics i a  the  most stringent  conetraint. For 
the  sea-level  static  design  condition, aerodynamically  conservative two- 
stage  turbines  with moderate turbine  blade  centrifugal stress poesess 
the  high weight-flow and work capacities  required. 

The values of compressor pressure   ra t io   l i s ted   in   t ab le  I1 are for 
minimum specific f'uel consumption of afterburning  engines and are proba- 
bly not suitable for use with low f l igh t  Mach  number engine  designs 
such as a r e  considered i n  figure 4(a). The compressor pressure  ratioe 
f o r  minbmm specific  fuel consumption of nonafterburning  engines are 
considerably  greater  than  those f o r  afterburning engines; that  is, 
greater than  the value of l l . 6  given i n  table II for  an engine temper- 
ature r a t io  of 4.0. U s e  of compressor pressure  ratios of 12 or  greater 
i n  one-spool engines i s  probably limited  primarily by compressor 
surging  during  engine  off-design  operation. - 

" 
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Cri t ica l  comment. - Compressor aerodynamics i s  the most serious 
problem f o r  engines  designed f o r  the  sea-level  static  condition. In  
order t o  achieve  acceptable w e i g h t - f l o w  capacity  without  exceeding 
current  turbine  stress  limits, a one-stage  turbine must be c r i t i c a l  in 
design.  Conservative  two-stage  turbines have adequate  weight-flow  and 
work capacities. Turbine blade  centrif'ugal  stress is not a limiting , 

factor  in  these engine  designs. The compressor pressure r a t i o  obtain- 
able from a high-output  one-stage  turbine is considerably lower than 
that f o r  minimum specif ic   fuel  consumption of afterburning  engines. 

Mach 2.0 Designs in  Stratosphere 

Turbine-inlet temperature of 2106' R. - In  the  section GENERAL 
CONSIDERATIONS IN ENGINE DESIGR, it was observed t h a t   e e r b u r n i n g  
engines w i l l  generally be  designed for compressor pressure  ratios-no 
greater  than and frequently less than that which provides minimum sge- 
c i f i c   fue l  consumption. For an engine  temperature r a t i o  of 3.0 
(2106O R turbine-inlet temp. ), f o r  which the  chart   in  f igure 4(b) is 
constructed, a compressor pressure  ratio of 5.0 is  therefore   in  a 
reasonable  range.  Point 6 is located  a t  this compressor pressure r a t i o  
and a t   t he  44 million  lb/sec3 limit on parameter e.- Point 6 l ies in 
the range of one-stage  turbines, and the  turbine blade centr i fugal   s t ress  
at this   point  is 50,000 pound6 per  square  inch. The turbine-limited 
specific weight f l o w  f o r  the  design of point 6 i s  24.3 lb/(sec)(sq f't). 

Point 7 simultaneously  locates  feasible one- and two-stage  turbine 
designs a t   t h e  same compressor pressure r a t i o  as  point 6, but at EL 

turbine  blade  centrifbgal  stress reduced t o  30,000 pounds per  square 
inch. The one-stage  turbine  has a weight-flow capacity o f  18.5 lb/(sec) 
(sq  f t ) ,   the   reduct ion  in  stress resul t ing  in  a 24-percent  decrease in 
weight-flow  capacity. !The high-output  two-stage  turbine of point 7 has 
a weight-flow capacity of 34 lb/(sec)(sq f t ) ;  whereas, a conservative 
two-stage  design  (not shown) f o r  the 6me pressure  ratio and stress has 
a weight-flow capacity of 25 lb/(sec)(sq f t ) .  For the  design  conditions 
of figure d(b), a conservative  two-stage  turbine can outperform a high- 
output  one-stage  turbine and  can do so with a 40-percent reduction  in 
turbine stress. Since  parameter e at point 7 i s  well below the  44 
million lbfsec3  limit, f o r  the  conditions of this chart compressor 
aerodynamics is  not Umiting f o r  the  current  turbine  stress limft of 
30,000 pounds per  square inch. The l o w e s t  value of turbine  s t ress  for 
which parameter e has the compressor-limited  value of 44 million 
lb/sec3 i s  49,000 psi .  

Turbine-inlet  temgerature of  2457O R. - Figures  4(c) and (d)  differ 
only i n   t h e i r  two-stage designs; the  former presents  high-output two- 
stage  designs, and t h e   a t t e r ,  conservative. The one-stage  designs of 
these two charts  are  identical. . 
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In  figure 4(c) at a compressor  pressure  ratio of 5.0 and  turbine 
blade  centrifugal  stress of 30,000 pounds  per  square  inch  (point 8), a 
high-output  one-stage  turbine has a weight-flow  capacity  of  about  20 
lb/(sec)(sq ft). A high-output  two-stage  turbine  designed fo r  point 8 
has a weight-flow  capacity  of  about 37 lb/(sec)  (sq  ft) . Thus,  at a 
flight  Mach  number of 2.0 in  the  stratosphere  for  both  high-output  one- 
stage and two-stage  turbines,  an  increase  in  turbine-inlet  temperature 
from  2106O  to 2457O R can  produce an 8-percent  increase  in  turbine- 
limited  specif'ic  weight  flow.  The  hub-tip  radius  ratlos of points 7 
and 8 are  essentially  the  same  for  the  one-stage  turbines;  this  is  also 
true  for  the  two  two-stage  turbine  designs  compared. 

Alternatively,  figure 4 (e) shows  that,  at  the  value  of l8.5 lb/( sec) 
(sq ft) for  turbine-limited  specific  weight flow and 30,000 pounds  per 
square  inch  for  turbine  stress  that are located  at  point 7, the %lo R 
increase  in  turbine-inlet  temperature can raise  the  compressor  pressure 
ratio  obtainable  from a high-output  one-stage  turbine  from 5.0 to about 
7.0. Also in figureP(c),  point 9 shows  that a high-output  two-stage 
turbine  has a weight-flow  capacity of 36 lb/(sec) (sq ft)  at a compres- 
sor pressure  ratio  of  7.2  and  turbine  blade  centrifugal  stress of 30,000 
pounds  per  square  inch.  Both  points 8 md.9 lie  well  below  the 44 
million  lb/sec3  limit on parameter  e. In fact,  for  the  conditions of 
this  chart,  the.le-t  value of turbine  stress kt which  parameter e 
becomes limiting is about  42,000  pounds  per  sqpare  inch. 

Figure 4(d) is  preeented  to show the  effect of lowering the Mach 
number limit of a two-stage  turbine  at  the  same  flight  conditions and 
turbine-inlet  temperature as used  in  the  construction of figure 4(c). 
At  point 10 the  compressor  pressure  ratio and turbine  blade  centrif'ugal 
stress  are  the  same as for point 9. The  turbine-Hmited  specific 
weight flow at  point 10 is  abaut 26 lb/  (sec)  (sq ft), a 28-percent  de- 
crease in weight-flaw  capacity.  Figures  4(c)  and (a) show  that  this 
de'crease in  turbine-limited  specific  weight  flow  is  accompanied by an 
increase in hub-tip  radius  ratio  from 0.57 to 0.62. 

Turbine-inlet  temperature of 2808O R. - The  chart  of  figure  4(e) 
differs from that  of  figure  4(a)  only  in  the  stress  curves;  lower  values 
of turbine-limited  specific  weight flow are shown, and  compressor  preseure 
ra t io  Fa not  extended  beyond 10.0. For  the  conditions of this chart, a 
compressor  pressure  ratio  even a s  low as  one-haJ9  the  value  for minimum 
specific  fuel  consumption ( see  table 11) , in combination  KLth a high- 
output  one-stage  turbine  with 0.8 Mach nLrmber  limits,  requires  either 
turbine  stress  higher  than  the  current limit of 30,000 psi  or  weight-flow 
capacity  less  than 22 lb/(  sec) ( sq ft> . This difficulty  is  easily e l i m -  
inated  by  two-stage  turbines of conservative  design.  Point ll shows 
that a conservative  two-stage  turbine caa produce a  coqressor pressure 
ratio of 10.0 and a turbine-limited  specific.weight flow of 27.5 
lb/(  eec)  (sq ft) at  30,000-psi  turbine  blade  centrifugal  stress. 

10 
r- cu m 
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Point 12, which  corresponds  to  the  compressor  pressure  ratio  and 
turbine  stress  of  the  conservative  turbine of  point 10, shows that  an 
increase  in  turbine-inlet  temperature from a value of 2457O  to 28080 R 
is  accompanied  by a 12-percent  increase  in  weight-flow  capacity  of a 
conservative  two-stage  turbine.  The  hub-tip  radius  ratios of  points 10 
and 12 are  the  same.  Despite  this 35l0 R increase in turbine-inlet 
temperature of point  12  over  point 9, the  conservative  two-stage  design 
of point 12 has 19-percent-lower  weight-flow  capacity  than  the high- 
output  two-stage  design  of point 9. The  limiting  value of 44 milllon 
Ib/sec3  for paameter e is obtained  with  turbine  stresses  greater than 
37,000 psi,  even for high-output  turbines. 

Critical  comment. - For  Mach 2.0 engine  designs  in  the  stratosphere, 
compressor  aerodynamics  does  not  became a limiting  factor  until  the 
turbine  blade  centrifugal  stress  reaches from 37,000 to 49,000 pounds 
per  square  inch,  depending on the  turbine-inlet  temperature.  For  this 
flight  condition,  one-stage  turbines  must  be  critical  in  aerodynamic 
design.  Conservative  two-stage  turbines  have  adequate  weight-flow  and 
work  capacities  at  current  turbine  blade  centrifugal-atress  limits. A 

turbine  at  this  flight  condition and can  do so at a considerably  lower 
turbine  stress.  Increasing  the  turbine  Mach  number  limit of  a two-stage 
turbine  from 0.6 to 0.8 and  maintaining  the same turbine-inlet  teruper- 
&twe produces  more  than  three times the  increase  in  weight-flow  capacity 
that  is  ob%ained  by  increasing  the  turbine-inlet  temperature by 351O to 
2808O R and  maintaining  the 0.6 Mach  nuiber  limit.  Turbine  blade  cen- 
trif'ugal  stress  commences t o  impose  limitatfons  at  this  flight  condit5on. 
The compressor  pressure  ratios  obtainable  from  high-output  one-stage 
turbines  at t h i s  flight  condition are considerably  less than tho8e for 
minimum  specific  fuel  consumption. 

T 
u conservative  two-stage  turbine  can  outperform a high-output one-stage Q 

(. 

- 

Mach 2.8 Designs in Stratosphere 

All the  Mach 2.8 turbine  charts  (figs. d ( f )  t o  (i) ) show that 
compressor  aerodynamics is no limitation  even  when  the  turbine  blade 
centrifugal  stress is as high  as 60,000 pounds per square inch,  because 
parameter e remains  well  below 44 mil l ion  lb/sec3.  This  observation 
is  in  contrast  to  that of the  Mach 2.0 designs,  for  figures 4(b) to (e) 
have  shown  that  parameter e reaches a limit  of 44 million lb/sec3  at 
turbine  blade  centrifugal  stresses  between 37,000 and 49,000 pounds per 
square  inch. 

Turbine-inlet  temperature of 2003O R. - Because-the  compressor 
pressure  ratio  for minimum specific fuel consumption  is so low (2.13) 

c 
f o r  the 2003O R turbine-inlet  temperature  and  flight  Mach  number  of  2.8, 
only a small region of this chart  (fig. 4(f)) is  worthy of  consideration. 
This  region of interest,  furthermore, is confined  to  one-stage  designs. 
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Point 13 Locates one  of the few designs  feasfble  for t h e  con- 
dit ions  specified  for. . this  chart .  It shows tha t  a high-output one- 
stage  turbine can produce a turbine-limited  specific weight f l o w  of 
21  lb/(sec)(sq f t )  and a compressor pressure  ratio of 2.0 at a 39,000- 
psi  turbine  blade  centrifugal  stress. The turbine-inlet  temperature 
of 2003O R is sufficiently low tha t  such a turbine would not  require 
blade  cooling. "" . . .  

Turbine-inlet  temperature of 25C14O R. - The 501° R increase i n  
turbine-inlet  temperature from figure d ( f )  to  4(g) not only  extends the  
region of feasible  one-stage  turbine  designs,  but  also  admits two-stage m 
designs  into  consideration.  Point 14 is a ;possible  high-output one- 
stage  design  within a 30,000-psi s t ress  limit; but  the weight-flow 
capacity of 18 lb / ( sec)   ( sq   f t )  i s  rather low. The high-output two- 
stage  turbine  design  designated by point 15 has- a turbine-limited  spe- 
c i f i c  weight  flow of 30 l b / ( s e c ) ( s q   f t )  a t  the 30,000-psi s t ress   l eve l  
and a t  a compressor pressure  ratio  only  sl ightly loGer than  that for 
minimum speci-fic fuel  consumption. . .  - .  
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Turbine-inlet  temperature of 3004O R. - A t  the engine  temperature 
r a t i o  of 3.0, a compressor pressure  ratio,of 5.5 yields minimum spe- 
c i f i c  Fuel consumption (figs. 4(h) and (i)). For high-output  one-stage 
turbines having  30,000-psi stress, the  turbine-limited  specific weight 
flow is  so  low at t h i s  compressor pressure  ratio th8t a value  consider- 
ably less than 5.5 should be selected i n  the  interest  of keeping tur- 
bine  size from  becoming excessively Large. If the compressor pressure 
r a t io  is therefore reduced t o  3.0, point 16 ( f ig .   4(h))  shows a turbine 
design that can produce a turbine-limited  specific weight  flow of about 
18.0 lb / ( sec )   ( sq   f t )   a t  30,000-psi turbine blade- c&trifugal  stress.  

. . " 

- . 
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An alternative is t o  raise the  turbine  stress t o ,  for example, 
60,000 pounds per  square  inch and  reduce compressor pressure  ratio t o  
4.0 rather  than 3.0. Point 17, designating such 8 turbine  design  in 
figure  4(h), shows tha t  a turbine-limited  specific weight flow of 
24 lb/ (sec)  (sq f t )  can be produced. - 

A high-output  two-stage  turbine, however, can d r ive  a compressor 
having a pressure  ratio of 5.0 w i t h  a t&bine-l$qited  specific weight "" 

flow of 29.5 l b / ( sec ) ( sq   f t )  at a 30,000-psi blade  centrifugal  stress 
(point 18). This weight-flow capacity is sufficiently high t o  make 
turbine  frontal  ares unimportant i n  terms of i t s  effect  on nacelle drag. 
For this reason,  the  reduced  turbine-limited  specific weight flow 
obtainable from  a conservative  two-stage.  turbine might be accepted t o  
present  the  possibility of increased  turbine  efficiency that might be 
realized by reason of the more conservative  design. 

- - -  - " 

. " 

- 
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The turbine-exit axial velocity, however,  fmposes a res t r ic t ion  on 
the flow capacity of a machine. This fact  i s  i l lus t ra ted  by figure 5 

- -  ." ". .. "" "" . . . . 
" L 

" -" 
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(a plot of eq. (E2)) ,  i n  which turbine-limited  specific weight flow is  
plotted  against compressor pressure r a t i o  f o r  two values of  (VJa' c r  ) 7* 

In t h i s  figure  the  engine  temperature r a t i o  is 3.0, and turbine  hub-tip 
radius  ratio i s  0.5. A r i s e   i n  weight-flow capacity  associated  with a 
value of (Vx/a! ) of 0.7 is  about 25 percent above that f o r  a value 

cr 7 
of 0.5. The curves in   f igure 5 are  independent of  the number of tu r -  
bine  stages and show that, f o r  the given  engine  temperature r a t i o  and 

that  obtainable  in compressor design can be achieved in  turbine  design 
only a t  high  values of (Vx/a& . The weight-flow capacity of a given 

machine cannot have a value above the curves o f  figure 5 for   the same 
hub-tip  radius  ratio. 

w a specif ied  f l ight  Mach number, weight-flow capacity comparable with 
4 
N 
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To return t o  consideration of using a conservative  two-stage tur- 
bine at point 18, figure 5 shows that ,  at a compressor pressure  ratio 
of 5.0, a machine wtth 0.5 exit axial-velocity r a t i o  can produce no 
more than 27.1 lb/(sec) (sq ft) . Fwcthermore, t h f s  value of 27.1 is 
obtainable  only ff the  turbine  huk-tip  radius r a t i o  is  as low as 0.5. 
Data from figure  2(a)  ofbreference 3 indicate that a conservatfve two- 
stage  turbine can  produce a compreseor pressure  ratfo of 5.0 and a 
turbine-limited  specific weight f l o w  of 21.5 lb/(sec) (sq ft) at t he  
30,000-psi turbine  stress  level.  The benefits  possible  in a two-stage 
turbine by u t i l i z ing   the  more conservative aerodynamic limits can be 
achieved at the expense of a 27-percent  decrease i n  weight-flow 

Y e 

- capacity. 

The value of parameter e a t   po in t  18 (f ig .   4(h))  i s  on ly  18.5 
million  lb/sec3.  Figures 3(a) and (c) show tha t  a compressor hatched 
with  this  turbine can be  conservative i n  aerodynamic design,  having an 
in le t   re la t ive  Mach  number as low as 0.86 and  an equivalent  blade t i p  
speed of 810 feet  per second. Such a conservative compressor should 
have capacity  for  operation at equivalent  blade  speeds  considerably 
greater  than  the  value  during  high Mach mmber f l igh t .  

A cursory  analysis  inacates  that  two-stage turbines may not  be 
w e l l  sui ted  for   turbine  s ta tor  adjustment i n  off-design  operation 
because of the occurrence of unacceptably  high  incidence  angles f o r  the 
first row of turbine r o t o r  blades. This combination of conservative 
compressor operation a t  the  high  f l ight Mach number and the  lack of 
range of e f f ic ien t  two-stage turbine  operation  with  turbine  stator 
adjustment  suggests that such  an  engine m y  be  suitable f o r  operation 
with  constant  engine geometry (see  ref. 5). For example, a compressor 
designed f o r  2.8 f l i gh t  Mach number would require  39-percent  equ3valent 
overspeed capacity at take-off;  in  the  particular  case  cited,  the  take- 
off compressor equivalent  blade t i p  speed would be 1125 fee t   per  second 
a t  a compressor blade  centrifugal  stress of  40,000 pounds per  square 
inch  (fig.  2(a)). 
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Figure 4 ( i )  i s  presented i n  order that, by camparison with  the 
one-stage  turbines of figure  4(,h),  the  merits of raising  the  turbine 
rotor-inlet   relative Mach  number "4- frZm"O'fB"to~l.0' can be 
ascertained. - 

I. 

For this purpose, point 19 was selected  a t   the  same compressor 
pressure  ratio (3.0) and turbine stress (30,000 ps i )  a6 point 16. 
Point 19 shows that  the  increase  in  turbine Mach  number limit permits 
the  turbine-limited  specific weight f low to  iucrease from 18 t o  19.5 
lb/(sec)(sq f t ) .  T h i s  8-percent  increase  in flow is  achieved 60lely 
by the  increase  in  turbine-inlet   relative Mach  number l i m i t ,  because 
both  figures  4(h) and (i) were prepared  for a value of 0.7 f o r  (VJa& 

and the  hub-tip  radius ratios are the same. It should be f'urkher recog- 
nized that this 8-percent  increase i n  f low i s  possible  only if the  tur-  
bine  efficiency does not  decrease as the   re la t ive Mach  number of the gas 
entering the turbine  rotor  increases. 

. "  . 
.u) 

PC cu m - -  
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Cri t ica l  comment. - Compressor aero-dcs  imposes no l imitations 
fo r  engine  designs at the Mach 2.8 stratosphere  flight  condition. One- 
stage  turbines must be c r i t i c a l   i n  aerodynamic design;  such  Ugh-output 
one-stage  turbines have high  weight-flow  capacity only at   turbine blade 
centrifugal-stress  levels o f  the order o f  50,000 t o  60,000 pounds per 
square  inch. H i g h  turbine-limited  specific weight  flows are  obtainable 
at 30,000 pounds per  square  inch  turbine  stress from high-output two- 
stage  turbines;  conservative aerodynamic limits on two-stage turbine I 

designs reduce  the weight-flow capacity by 27 percent.  This lat ter 
combination yields high  turbine  efficiency and high turbine weight. 

L 

High-output two-stage  turbines have sufficient work and  weight- 
flo%  capacities at such low equivalent blade t i p  speeds that compressor 
operation can be  very  conservative at the high f l igh t  Mach  number design 
point. Such a compressor may have great latitude io compressor equiv- 
alent overspeed, a desirable  off-design  characteristic. An increase 
in  turbine-inlet   relative Mach number limit from 0.8 t o  1.0 yields an 
8-percent  increase  in  turbine-limited  specific weight flow under the 
assumption that turbine  efficiency remains constant. 

.. - 

.. 

coNcLusIoNs 
From a design-point  analysis relating engine and compressor and 

turbine  design  parameters of  one-spool turbojet  engines,  the  following 
conclusions  are drawn: 

1. Compressor aerodynamics currently imposes a severe  limitation 
on static  sea-level engine  designs,  but does not become I h i t i n g  for 
Mach 2.0 designs in  the  stratosphere  untii  turbine  blade  centrifugal 

t 

' 1  - 
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stresses become 37,000 t o  49,000 pounds per  square  inch, depending upon 
the  turbine-inlet  temperature. For design-point  operation of turbojet  
engines a t  2.8 f l i g h t  Mach number, comgressor aeroayLlELmics i s  not 
Umiting. 

2. Turbine  aerodynamics is  c r i t i c a l  f o r  one-stage twbines  of 
engines  designed f o r  static  sea-level  operation as w e l l  as f o r  operation 
a t  flight Mach numbers of  2.0 and 2.8 in  the  stratosphere.  Conservative 
two-stage turbines have adequate  weight-flow  and work capacities  within 
the  current limit on centrifugal  stress.of 30,000 pounds per  square  inch 
f o r  both  sea-level  static  operation and Mach 2.0 flight i n   t h e  strato- 
sphere. The benefits  obtainable from using  conservative aerodynamic 
limits i n  two-stage turbines f o r  Mach 2.8 flight in the  stratosphere 
are at the expense of a 27-percent  decrease i n  weight-flow  capacity. 

w 
N 
4 
ut 

3. In the  stratosphere f o r  both one- and two-stage turbi-ries, 
turbine  blade  centrifugal  stress becomes 8 l imiting  factor f o r  Mach 2.0 
engine  designs and is a primary constraint for Mach 2.8 engine designs. 

4. During static  operation at sea level,  conservative  two-stage 
turbines are capable of d r i v i n g  compressors of high  pressure  ratio and 
high  equivalent.specific air flow without  exceeding ei ther  limits on 
compressor  seroaynamics o r  a centrifugal stress in  the  turbine r o t o r  
blades of 30,000 pounds per squme inch. 

5. For engines  designed ei ther  f o r  static  operation at sea level  
o r  f o r  a f l i gh t  Mach  number of 2.0 in  the  stratosphere,   the compressor 
pressure  ra t ios   that  can be produced  by  one-stage turbines  limited by 
0.8 turbine-inlet   relative Mach m e r  are considerably less than  that  
for minimum specific fuel consumption of afterburning  engines i f   tu rb ine  
s t r e s s  is not t o  become excessive  nor w e i g h t - f l o w  capacity too  low.  

6. For flight Mach numbers of. 2.8 and higher, two-stage  turbines 
appear  capable of driving compressors of suitable compressor pressure 
r a t io  at such low equivalent blade t i p   speeb   t ha t   t he  compressor 
operation can be very  conservative  during  the  high  flight Mach rider 
operation. Such a conservative compressor might w e l l  possess  the 
capacity  for  operation a t  equivalent blade t i p  speeds higher than  the 
value  during  high Mach  number flight, a useful   character is t ic   far  
providing good l o w  f l i g h t  Mach nmiber operation. 

7. Gains in  turbine-limited  specific weight f l o w  of the  order of 
8 percent  are  possible  in  one-stage  turbines  designed f o r  2.8 f l i gh t  
Mach number, i f  the limit on turbine  rotor-inlet   relative Mach  number 
i s  increased from 0.8 t o  1.0, provided that  turbine  efficiency does not 
deteriorate i n  the  process. 

Lewis Flight  Propulsion  Laboratory 
National Advisory Committee f o r  Aeronautics 

Cleveland, Ohio, June 30, 1954 
0 
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SYMBOLS 

The following symbols are   used  in  this report: 

annular  area, sq f t  

afterburner  frontal  area, sq f t  

compressor frontal   area,  sq f t  

turbine  frontal  area, sq ft 

sonic  velocity, d- or  +EEF, ft /sec 

cr i t ical   veloci ty   , re la t ive to stator, JrF , f t /sec 

f ract ion of weight f low bled From compressor 

exhaust-nozzle  velocity  coefficient 

W U E  
parameter used i n  re la t ing compressors  and turbines, 

'lb/sec3 At"4T 
fuel-air   ra t io ,  l b  fue l / l b   a i r  

gravitational  constant, 32.2 ft /sec2 

specific  enthalpy,  Btu/lb 

mechanical  equivalent of heat, 778.2 ft:lb/Btu 

r a t i o  of specific  heats  for hot gas, 4/3. 

Mach m b e r   r e l a t i v e   t o   r o t a t i n g   b l a d e s  

absolute  pressure,  lb/sq f t  ' 

gas constant, 53.4 f t - lb / ( lb) (%)  

radius, f 't  

. 
N m 
2 
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ur 

S specific entropy, Btu/ ( lb)  (41) 

sfc   specif ic   fuel  consmugtion, ~b fuel/(lb thrust)  (hr) 

T temperature, OR 

u blade  velocity,  ft/sec 

v absolute  velocity of gas, Ft/sec 

V s q a r e  of  compressor-inlet Mach number, (V/a)2 

W relative  velocity of gas,  f t /sec 

w weight flow, lb/sec 

r aensity pf blade  metal, lb/m f t  

Y r a t i o  o f  specific  heats for air, 1.40 

6 r a t io  of pressure t o  NACA standard  sea-level  pressure, p/2116.216 
cref. 6) 

-ll adiabatic  efficiency 

8 r a t i o  of  temperature t o  MCA standard  sea-level  temperature, 
T/518.688 (ref. 6) 

P density of gas, lb/m f t  
I 

- 6  blade  centrifugal stress at  hub radius,  psi 

Ilr stress-correction  factor f o r  tapered  blades 

0 angular velocity,  radians/sec 

Subscripts : 

.C compressor 

h hub 

m mean 

max maximized 

S isentropic 

T turbine 



24 

t 

U 

X 

0 

1 

2 

3 

4 

5 

6 

7 

8 

9 

10 

t i p  

tangential  component 

axial component 

free  stream 

compressor i n l e t  

compressor exit 

turbine  inlet  

exit.f'rom first turbine  s ta tor  

ex i t  from first turbine  rotor 

exit from  second turbine  s ta tor  

turbine exit 

af terburner   inlet  

afterburner exit 

exhaust-nozzle exit 

NACA RM E54F2I-a 

.. . 

". 

Superscripts: 

stagnation state relative t o  s ta tor  
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ASSZTMPTIONS AND CONSTANTS 

Assumptions 

The following  assumptions were used i n  the  turbine  portion of the  
analysis : 

(2)  Free-vortex  velocity  distribution 

(3) A t  the  mean radius, (pV,) A equal to integrated  value of 
m 

weight flow over blade  height: 

(4) NO radial   variation  in  stagnation  state  re-t ive t o  s t a to r  

(5) Hub and mean radii constant in value from entrance t o  exit of 
each ro tor  blade row 

The following turbine  design  parameters me postulate3 t o  limit 
the aerodynamic design of the  turbines  analyzed  herein: 

(a) E x i t  crf t ical   axial-veloci ty   ra t io  (Vx/~t ) (see  table Z) 
cr 7 

(b) Mach  number a t  hub radius and entrance of blade row 
(see  table I) 

(c )  Zero  change i n  magnitude of reh t ive   ve loc i ty  acro~s 
r o t o r  a t  hub radius  (applies t o  one-stage turbines 
and second stage of  two-stage turbines) 

(d) 120' Rotor turning  angle a t  hub radius (applies only t o  
f i r s t   s t age  of two-stage  turbines) 

(e)  Tangential component  of velocity at turbine exit (see 
following list of constants) '  
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Constants 

NACA RM E54F2La. 

The constants  used in   the  analysis  are as follows: 

Compressor adiabatic  efficiency, qc . . . . . . . . . . . . . . .  
Combustor stagnation  pressure r a t io ,  pgph . . . . . . . . . . .  
Exit-to-inlet  annular area r a t i o  for one-stage 

turbines, +/Ag . . . . . . . . . . . . . . . . . . . . . . .  
Exit-to-inlet  isentropic annular area r a t io  for  each 

stage of two-stage turbines, (A7/%) B/ (Ag/Aq) . . . . . . .  
rc, r,, lb/cu ft . . . . . . . . . . . . . . . . . . . . . . .  Density of compressor and turbine  blade m.e.tals,.. 

Stress-correction  factor  for  tapered  blades, qc, qT . . . . . . .  
Turbine-exit  whirl  (fraction of  stagnation  enthalpy drop of  

v;,7,dzgJ one-stage turbines o r  f ract ion of second- hi - h; 

stage 

Turbine 

. . . .  enthalpy drop of  two-stage turbines % - 9  
adiabatic  efficiency, % . . . . . . . . . . . . . . . .  

0.85 

0.95 "" 

1.0 

1.0 

500 

0.7 

0.02 

0.85 

Ln 
N 
PC 

m 
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C A L C W I O N  OF PARAMEER e FOR COMPRESSOR 

For a compressor without i n l e t  guide vanes, the  rotor- inlet   re la-  
t i v e  Mach  number a t  t h e   t i p  is  

from which 

Compressor equivalent blade t i p  speed is 

which, with equation ( C Z ) ,  is 

By use of the  energy  equation 

equation ( ~ 4 )  becomes 
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where 

and 

t 

It was assumed that  no radial  variation  occurred in the flow a t  the 
compressor inlet.  Substitution of equations (C5), (C8), and (C9)  i n to  
equation (C7)  yields for .equivalent air flow 

Parameter e with respect t o  the compressor is the product of 
equation (C10) and the square of equation ( C 6 ) :  

WCUE I c 
= 2116 
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CONDITION AT COMPRESSOR INLET FOR MAXlMIzED P W T E E l  e 

Differentiation of parameter e (eq. (C11)) with  respect  to 
compressor-inlet Mach  number (V/a)I fields 

= @;".+ 1 " 

(Dl) 
The value of (V/a)l. can now be found which, f o r  any given compressor- 
i n l e t  relative Mach number at the  compressor t i p  M1, r e su l t s   i n   t he  
maximum value of  parameter  e. A value of M1 can be a rb i t r a r i l y  
selected,  because  both M1 and (V/a), are independent var iables   in  
equation (CZ) . Then, 

= o  

and 
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Equation (Dl) then becomes ' 

For simplicity,  let 

Equation (D2) is then 

v2 - (YM: + 3 ) ~  + M1 2 = 0 

Solution of the  quadratic  equation (D3) is 

NACA RM E54F2I-a 

.. . 

Examination of equation (D4) shows that, if the  positive  root is taken, 
imaginary values of Ut, c/al w i l l  be obtained from equation ( C 2 ) .  
Thus 

f o r  maximfzed parameter e .  
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CAI;CULATION OF PARAMETER e FOR TURBINE 

The centrif’ugal  stress at the  turbine  rotor  blade hub radius can 
be expressed as 

by equation (8) of reference 4. Worn the  continuity  relation,  the 
turbine-Umited  specific weight flow is  

I 

Substitution of equation (E l )  in to  ($2) yields pmame-t;er e: - 

The r a t i o  T+/Ti is expessible as 

The turbine  stagnation  temperature  ratio is calculated from the  work 
e quat ion : 

X (h’ - h;) = wC(hk - h i )  T 3  



32 - NACA RM E54F21a 

Neglecting fuel-air r a t i o  and compressor bleed t h i s  gives 

from which the  turbine  stagnation  temperature r a t i o  is 

r-1 

Also, from equation (E6), 

r 

k-l - 
k 

- 1  

rnt 

'3 
qc 

k-1 
"I 

from which the  turbine  stagnation  pressure  ratio i s  

" 
Y 

r-1 
k-1 - 
k 

- I1 

" 

2 cu 
M 
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Combination of equations (E3) t o  (Ea) yields 

r 
k 

r 
( g  - 1  
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c m ,  
fig. 4 

0 Sea level 4.0 2075 5 0 . 8  
4.0 2075 5 8  
3.0 2106 5 8  
3.5 2457 5 8  
3.5 2457 5 8  
4.0 2800 s0 

2.8 2.0 2003 5.8 
2.0 2.5 2504 5.8 
2.8 3.0 3004 5 s  

3.0 3004 5 1.0 

- 
0.7 

.7 

.7 

.7 

.7 

.7 

.I 

.7 

.7 

.7 

lrbines T 

0.562 0.6 
.562 .6 
.562 .8 
.562 .8 
.562 .6 
.562 .6 
.562 .a 
.562 .8 
.562 .8 
,562 

TABLE II. - TABULATION OF CObQXlESOR RATIO 

WITH E?TGRB TEWEMWZ MI0 FOR KCNI" SPECIFIC 

FUEL CONEfllMpTION OF Al?WSWWIt?G ENGINES 

Engine temp. Compressor pressure ra t io  "/pi for 
ra t io ,  

T P i  temperature 
mlnimum afc,  constant afterburner-exit 

2.0 

l . l *  6 4.0 
7.9 3.5 
5.5 3.0 
3.5 2.5 
2.1 

I 

. .   . .  . 

0.5 
.5 
.7 
.7 
.5 
.5 
.7 
.7 
.7 

S 

"J7,* 

0.448 
.448 
.562 
.562 .448 

,448 
.562 

, ,562 
,562 

1 

s LZE 
I 
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(a) One-stage turbine.  

1 2 3 4 5 6  7 8 9 10 

(a) One-stage turbine.  

1 2 3 4 5 6  7 8 9 10 

(b) Two-atage turbine.  

Figure 1. - Cross section of turbojet englne showing locat ion of numerical   s ta t ions.  

w 
VI 

. ... . .  



36 , I'iACA RM E5432I.a 



3275 
8 T 

I 
a? 'I 

w 
4 



. . . . . . . . . . . . . . . . . . . 

I 

. .. .. . 

I 

h 

. .  . 



. . . .- . . 

F 

.. .. . 

I 1 

. . . . . . . 

3275 I Y 

6 
d I 

. ... 



40 

! 
\ 

.a .9 1.0  1.1 1.2 1.3 1.4 1.5 
Ccmrpreaeor rotor-inlet relative Mch number, 

( 0 )  variaticar of ~ l a m p r e ~ s o r  equivalent bla& tip q e e b  and cmpreasor-inlet 
Mach number with campreasor mtor-inlet relative W h  number. 

Figure 3. - ConoluB6d. CcIEp'es8m oharte far nruimtzsd parameter e. 
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0 

(a) Flight Hac& number of 2.0 In atratosphere; eugiae tesrperatlae ratio, 3.5; msrlmm turbioe relative &ch 
amber, 0.6 for one-stage tmbinee, 0.6 for tbm-stage turbines. 

Flguxe 4. - Continued. Turbine charta. 
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(e) Flight Mach number of 2.0 i n  stratosphere; engine temperature r a t io ,  4.0; mxlmum turbine r e l a t ive  Mach 
number, 0.8 for one-stage turbiues, 0.6 f o r  two-stage turbinea. 

F i p  4. - C O n t i U U d .  WbiW CbartS. 
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(g) Fl ight  Mach nrrmber of 2.8  in  stratosphrai enginc teaQerature ratio,  2.5; rexhmm turbine relative Mach 
mrmber, 0.8. 

Figure 4. - Continued. Turbine charts. 
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Compressor pressure ratio, pgp; 

Figure 5. - EPfeCt of turbine-exit  axial-velocity ratio OR turbine- 
limited  specific  weight flow- Turbine hub-tip radius ratio, 0.5; 
engine teqerature ratio, 3.0. 
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